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FOREWORD

_ This report was prepared by Aerotherm Corporation under NASA Manned
Spacecraft Contract NAS9-9494, The contract period of performance was from
22 May 1969 through 22 May 1970. The report is published in two parts:

Part I: Executive Summary
Part II: Application to Apollo

A number of computer code user's manuals were also prepared and published as
separate reports (see References 10 through 12).

The sponsor of the program was the Thermal Protection Section, Struc-
tures and Mechanics Division, Manned Spacecraft Center, National Aeronautics
and Space Administration, Houston, Texas. Mr. Donald M. Cﬁrry and Miss Emily
W. Stephens were the NASA/MSC technical monitors. ' '

The Aerotherm program manager and principal investigator was Mr. Eugene
P. Bartlett. While a number of people contributed directly and indirectly to
the program, the major contributions were made by the following project

engineers:
Inviscid Flow Field Studies - M. J. Abbett
Heat Transfer Correlations - E. P. Bartlett and M. J. Abbett
Incident Radiation Studies - W. E. Nicolet
Coking Model - C. B. Moyer and M. J. Abbett

Ssurface Ablation Model - E, P. Bartlett

Apollo Flight Predictions - M. J. Abbett and E. P. Bartlett
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ABSTRACT

Procedures for the thermal design of a reentry vehicle heat shield are
developed and applied to Apollo flight data. For the most part, predictions
agree well with measured in-depth thermocoﬁple respdnse, in-depth material den~
_sity profiles, surface recession and char penetration, and convective heating
rates. The major advances in heat-shield prediction technology which .are ac-
complished and used in the flight predictions are: '

1. Nonsimilar boundary layer solutions are generated for Apollo at
incidence based on the three-dimensional ax13ymmetrlc analogy whlch
agree well with w1nd tunnel convectlve heating data

2. Nonsimilar chemically-reacting boundary—layer.solutlone including
tran31t10n to turbulent flow, with and w1thout material ablation,
are generated for Apollo at incidence

‘3. Simple and accurate correlations of stagnatlon—p01nt heat- and mass-
.transfer coefficients including the effects of mass transfer and
chemical reactions are developed and shown to apply to positions
around the body for turbulent as well .as laminar boundary layers

4. A simple and apparently accurate in-depth coking and surface thermo-
chemical ablation model is developed for the Apollo heat-shield
material

5. Apollo calorimeter and thermocouple-daté are used to develop a

set of transitional heating criteria based on momentum thickness
Reynolds number and normallzed mass—transfer rate.

In addltlon, an independent calculatlon of radlatlon heatlng rates is made which
compares favorably with flight radiometer measurements, and: numerical experiments
were initiated to attempt to extend a three-dimensional inviscid flow field pro-
gram to Apollo at incidence.
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SECTION 1
INTRODUCTION AND SUMMARY

A number of the earlier Apollo orbital and superorbital unmanned reentry
fliéhts were well instrumented with pressure sensors, radiometers, calorimeters,
char sensors, and in-depth thermocouples.l "In addition, rather extensive labo-
ratory investigations have been conducted for representati&e samples (cores) of
flight-tested heat-shield ablation material (e.g., Refs. 2 through 4). The pur-
pose of the present investigation is to employ sophisticated analytical tools

developed prev1ously5’6

and attempt to ratlonallze these data in order to assess
the adequacy of the analytical procedures, and to improve their rellablllty for
use on future manned reentry stud;es. On the basis of these studles, a specific

heat-sﬁie;d design procedure is recommended.

The basic design tool is a one-dimensional in-depth heat eonduction code
{CMa) which permits surface ablation and ln—depth depolymerlzatlon and coking
events.7 Major inputs to this program include tables of normalized ablation
rates obtained from a surface thermochemical ablation program (EST) based on the
analysis presented in Reference 8, and correlations of chemically-reacting lami-
nar and turbulent nonsimilar boundary layer solutions obtained with the BLIMP
'program? A brief summary of these three codes, including a summary of several
minor modifications which were made during the present contract, is presented
in Appendix A. Current user's manuals are contained in References 10 through 12,
respectively. 4 '

Studies of the inviscid flow field about Apollo at angle of attack are

' presented in Reference 13 and summarized in Section 2. Nominal agreement with
wind~-tunnel pressure distribution data has been obtained for zero angle of attack
using a time-asymptotic solution procedure14; however, it was found that further
work is required to obtain useful solutions at angle of attack for body shapes of
the Apollo class. While these modifications are straightforward and not exten-
sive, they were well beyond the scope of the present effort. Therefore, it is
still necessary to rely on wind-tunnel pressure distribution data. Procedures
are also described in Section 2 for qbtaining approximate streamline spreading
information for use in three-dimensional boundary-layer solutions using the axi-
symmetric analogy.

ORIGINAL Pag E 15
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The convective heating correlations are presented in Section 3. Agree-
ment of boundary-layer solutions with wind-tunnel convective'heating data is
excellent. A correction for extending the results of wind-tunnel tests to flight
conditions is presented which is usually small for laminar flow; an increase in
convective heating by a factor of 3 to 5 is seen to be appropriate for turbulent
flow. A comprehensive set of stagnation-point blowing corrections for heat- and
mass-transfer coefficients (including chemical-reaction effects appropriate to
the Apollo ablation material) is presented and shown to be represented quite
accurately with simple analytical formulas. Corrections to these blowing correc-
tions for positions around the body are presented which are small for turbulent
as well as laminar flow except in the toroidal region.

Solutions are presented for radiation heating in the stagnation region
which agree quite well with radiometer data and recent predictions by NASA/MSC
personnells. These results are described in Section 4.

The models employed for surface thermochemical ablation and in-depth py-
rolysis and coking events are discussed in Section 5. The material response is
divided into three regimes based on surface temperature. . At low surface tem~
peratures, pyrolysis takes place to form a carbonaceous char and a pyrolysis
gas which is considered to be frozen {(containing excess carbon); the surface is
not permitted to recede. At intermediate temperatures the pyrolysis gas is per-
mitted to coke in accordance with a simple relation that the pyrolysis gas car-
bon content is a function of temperature; surface recession is permitted con-
sistent with coking and reactive pyrolysis gas effects. At high temperatures,
the pyrolysis gas is considered to be in equilibrium with the char such that in-
depth char erosion can take place; the corresponding surface recession model is
tantamount to that of carbon ablation including pyrolysis gas effects. Material
thermal properties are based on laboratory tests of post-flight material samples
(e.g., Ref. 3). These data are valldated by a. series of drlver—temperature cal-
culations. o R T o T -

The Apollo flight predictions are presented in Section 6. Body locations
considered include the stagnation region, a position on the leeward side of the
aft heat shield* in the pitch plane (yields turbulent flow), a position around
the toroid on the conical afterbody on the windward side (flow still attached,
but barely), and a position on the leeward side of thé aft heat shield substan-
tially off the pitch plane. Flights AS 501 and AS 502 (superorbital) and AS 202
{orbital) were considered. Predictions of surface recession, char penetration,

—
In accordance with Apollo terminology, the aft heat shield is the blunt front
face of the vehicle.



in-depth temperatures, char densities and (to the extent available) heating
rates were typically satisfactory indicating that heating rates (including the
blowiné'correbtions), pressure distributions, material properties, ablation
model, and coking model are all adequate or at least compensating. It is sig-
nificant that the reported solutions were all first attempts with the exception
of two cases where transition to turbulent flow occurs. Here the solutions were
purposefully run laminar and the results were examined in order to develop pre-
liminary transition criteria including mass-transfer effects. The results here
are also very encouraging.

The recommended design procedure is presented in Section 7. Recommenda-
tions for further analysis and program refinements are presented in Section 8.



SECTION 2
INVISCID FLOW FIELD STUDIES

In order to theoretically predict heating and ablation rates about Apollo
and related configurations, it is necessary to account for the convective heat
'transfer resulting from a highly three—dime;sional boundary layer. This, in
turn, requires knowledge of certain characteristics of the three-dimensional
inviscid flow field. As a minimum it is necessary to know the pressure distri-
bution about the vehicle. It is also desirable to know at least the shbckvshape
and surface streamlines if the full inviscid flow field cannot be obtained.
Given only the pressure distribution (including the location of the stagnation
pbint), a boundary-layer edge condition can be computed'by an isentropic expan+
sion and a boundary-layer solution can be generated using a pianar‘or axisymmet~
ric flow assumption. Given also the shock shape, a nonisentropic ekpansion can
be considered by performing a simple balance between the mass.passing through
the shock -and the mass entering the boundary layer. Given the surface stream-
line pattern, the boundary-layer solution can be'impréved to include three-
dimensional streamline divergence effects through use of the axisymmetric anal-
ogy.*

_The Apollo configuration consists of three basic coﬁponents:
1. The aft heat shield, which is a segment of a sphere
2. The conical afterbody

3. The toroidal section which connects the aft heat shield with the
afterbody.

A sketch of the Apollo command module with full-scale dimensions is presented
in Figure 1.

When boundary-layer crossflow effects are small (valid near the pitch plane
away from the stagnation point), the three-dimensional boundary layer egua-
tions reduce to a form analogous to the axisymmetric 'case except that the
metric coefficient for the streamline spreading replaces the axisymmetric
radial coordinate. Thus, given the streamline divergence, the boundary layer
solution along the pitch plane can be obtained by a straightforward axisym-
metric boundary layer solution. _
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Fig@re 1. Apollo Command Module Sketch

Oﬁ the aft heat shield the boundary layer is always attached. It stays
attached over a portion of the windward side past the toroid and onto the coni-
cal afterbody for angles of attack greater than 20° or so. However, the flow
is highly separated over the remainder of the conical afterbody (see .sketch).

Attached

Line of boundary-layer separation

Separated

An accurate treatment of the flow field about Apollo would reqqiré a coupled
viscid-inviscid fully three-~dimensional analysis including separated flow con-
_siderations. Such a solution procedure is well beyond the current state of the
art., It is still useful, however, to obtain flow field solutions over the aft
heat shield, if possible, in order to provide accurate streamline information
and entropy distributions. Furthermore, a three-dimensional inviscid flow field

solution is necessary if a three~dimensional boundary layer solution is to be
performed. '

At the time that the Apollo program was initiated, there was no capability
in the country to predict the flow field over the Apollo aft heat shield at angle.
of attack. Therefore, wind-tunnel pressure data were generated and applied di-
rectly to flight trajectories in the form of pressure ratio factors (see Ref. 16).
As Apollo flight data became available, direct comparisons have been made between
flight and wind-tunnel pressure data (e.g., Ref. 17); Agreement has been good .



over the aft heat shield. However, pressures measured in flight over the coni-
cal afterbodf have generally been lower than predictions based on the wind-tunnel
‘data. While this disagreement could be aesociated-with experimental difficulties,
it may also be the result of viscous interaction effects produced by the massive
injection of pyrolysis gases and/or real gas effects, neither of which were ex-
perienced in the wind-tunnel tests.

v buring the past few years there has been substantial progress in the
ability to predict three-dimensional inviscid flow fields about eimple bodies
at angle of attack. ‘While the Apollo shape does present special difficulties,
due principally to its$ extreme bluntness and its negatlve—incidence conical.
afterbody, there has been encouraging progress here as well. In particular,
solutions have been reported for the spherical portion of the aft heat shleld
of Apollo at angle of attack using an inverse program18 for the blunt-body por-
tion of an Apollo—llke body at angle of attack using a tlme—dependent solution
procedurelg, and for very blunt e111p501dal,noses,at zero 1nc-1dence_20 using a
second time-dependent technique which has also been extended to angle of attack
and’ coupled to a supersonic afterbody programl4 Therefore, as paft of the
present study, a small effort was made to obtaln inviscid flow-field solutions
about Apollo at angle of attack in order to prov1de lmproved boundary-layer edge

information for the aft heat shield calculatlon.’

With regard to the prediction of pressure dlstrlbutlons over the conlcal
afterbody, this, as mentloned previously, is not possible with present-day com-
putational techniques. Therefore, an emplrlcal approach must be used there.
Fortunately, this is not serious because the heating rates are low over the con-
ical afterbody. Also, the flight measurements, if they can be believed, indicate
that the wind-tunnel pressure data are conservative. In fact, with the flight
pressure data now available, one could correct the pressure distribution factors:
to agree with the flight data if desired. '

Unfortunately, the inviscid flow fleld numer1cal studles could not be
completed within the limited scope; however, the results of the study are most
encouraging. These results are described in detail in Reference 13 and are sum-
marized below in Section 2.1. At the present time, therefore, it is still neces-
sary for Apollo shape vehicles to rely upon direct use of wind-tunnel pressure
data (or flight data when available). Furthermore, in the absence of inviscid
flow-field solutions, it is neceSsaFy to estimate streamline spreading by the

use of approximate analytical procedures.* The approach which has been employed
in the present study is described in Section 2.2.

S
0il flow experiments are unllkely to yield a sufflclently accurate description
of the inviscid streamlines.



2.1 NUMERICAL STUDIES OF APOLLO INVISCID FLOW FIELD

A brief evaluation of existing three-dimensional blunt body computer
codes was made, keeping in mind that no significant code development was in-
cluded within the scope of this contract. The results of this study showed there
are three candidate codes: an inverse solution procedure described in Reference
18, and two codes which obtain the solution to the steady flow field as the
asymptotic limit of an unsteady flowl4’19. The characteristics of these three
codes are summarized in more detail in Reference 13.  Briefly, it was concluded
that the code described in Reference 19 is too inaccurate (within present com-
puter storage and speed restrictions) and that the inverse procedure of Refer-
ence 18 offers no possibility of obtaining satisfactory solutions around the
toroid and, in addition, is operationally not suited for design studies. On
the other hand, it was concluded that the code developed at GASL for Sandia14
has the potential for obtaining satisfactory solutions at acceptable cost for
the flow about Apollo at incidence providing some minor code modifications
successfully remove certain probable sources of numerical difficulties.

As mentioned, the GASL/Sandia code employs a timeJdependent solution pro-
cedure in which the steady solution is obtained as the time asymptotic limit of
an unsteady flow. For computational purposes, the flow- field is divided into
three regions: the bow shock, the body surface, and the interior of the flow.
In the interior, the soluﬁion in time is .obtained by an accurate, explicit,
second-order finite difference procedpre; The bow shock_wavé is treated numeri-
cally as a sharp discontinuity, in contradistinction to the more common (and
less accurate) shock smearing procedures. At the body and shock, a method of
characteristics procedure is used.

The computational problems which were anticipated are the result of:

1. Mesh size restrictions. Because of the high curvature on the toroidal
section of the Apollo capsule, it was anticipated that a finite dif-

., ference grid more dense than is typically used with the code would be
required; hence, it was necessary to determine whether ‘or not cur-
rently available core storage on a Univac 1108 would be sufficient
and whether corresppnding computational times would be acceptable.

2. Extrapolations of certain boundaries. In the solution procedure, in
advancing the solution from one time step to another, the solution
at certain "outer boundary" points is obtained by linear extrapola-
tion from iﬁterior points (see sketch).




®*Solutions at these points
obtained by linear extrapolation.

Apollo at incidence - Computational Grid in Pitch Plane

Since the extrapolation is done in the region near the toroid, it
was expected that the large changes in flow variables there would
probably result in some computational difficulty.

Shock and body points in the supersonic region. The solution proce-
dure used at the shock and body points tends to become unstable when
the flow is appreciably supersonic. With most geometries, this is

not a problem because the part of the computational domain where the

flow is supersonic can be restricted in size and in maximum Mach
number. However, due to the concentrated expansion around the to-
roid, fairly large regions with Mach numbers appreciably greater
than unity were expected to lead to some instabilities, thus requir-
ing remédial action. '

. The results of the evaluation, which are fully reported in Reference 13, are:

_ 1. _Mesh size. A computational mesh about twice that normally sufficient

for more moderately blunted configurations is required. This probably

results in requiring a computer with core storage on the order of 100—'
130K words (e.g., CDC 6600 or the use of drum storage on Univac 1108).

Corresponding computing times would be on the order of 1/2-1 hour on

a CDC 6600 and at least twice as long on an 1108. '

Extrapolations. As anticipated, extrapolations at the outer boundary
did cause numerical trouble. However, it appears that these diffi-
culties can be overcome with relatively simple code modifications.

Shock and body points. Here the problems are a little more serious
but not insurmountable. The current solution procedure needs to be
significantly modified by feplacing one momentum equation and the




eqguation relating pressure and normal velocity component with two
cbmpatability equations'along bicharacteristics. While these changes
are straightforward, they require major code modifications that were
beyond the present scope.

One of the important results of the effort was to determine with confi-
dence that the computational procedure is powerful enough to obtain accurate
solutions for Apollo flow fields at acceptable cost. This conclusion was
reached by examining solutions obtained at zero incidence, as shown, for example
in Figure 2. '"There the excellent agreement between theory and experiment at
Mach 10 shows that the basic.computational procedure is ceftainly adéquate for
obtaining flow field solutions about Apollo. (The theoretical solution was ob-
tained in about 1 minute on the Univac 1108 computer.) However, comparable re-
sults at high incidence cannot be obtained without the changes to the cdmputer
code mentioned above. Additional theoreficai results at zero incidence and com-
puter code modifications necessary to obtain comparable results at-incidence are |
discussed in detail in Reference 13. '

2.2 - AXISYMMETRIC ANALOGY

2.2.1 Analysis

In 1955 Eichelbrenner and Oudart noted that'whén the boundary layer cross
-flow is small (velocities and crosswise gradients), the boundary layer equations
reduce to a form analogous to the axisymmetric flow equations?l'22 In order to
illustrate this, consider the three-dimensional.bouhdary layer equations for
steady compressible flow of a perfect gas with constant specific heats and con-
stant Prandtl number (see, for example, Egs. (1) through {(5) of Reference 21):
Let us consider curvilinear coordinates (s,z,f) where y is the surface normal
direction and s and z are taken to be the projections of the external stream-
lines on to the surface and their orthogonal trajectories in the surface, re- -
spectively. These coordinates are assigned velocity components (u,w,v) and
metric coefficients (hl,hz,l) where an element of length within the boundary
layer df is given by '

da? = hidsz+ hgdz2+ dy? (1)

Neglecting those terms containing qrossflow velocity or crosswise gradients,
the three-dimensional boundary-layer equations reduce to

du ' T
a Jdu Juy _ Pele e 3 Ju
D(qg+?w)—-——hl ———35 +.a—l{-(u 37) (2)
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where p is the density, u is the ﬁiscosity, Pr is the Prandtl number, h is the
enthalpy defined by

h =C.T (5)

where CP is the specific heat at constant pressure and T is the temperature,
and the subscript e refers to the boundary-layer edge.

Defining the length scale hl to be unity, it is apparent that the three-
dimensional small crossflow boundary-layer equations (Egs. (2)-(4)) are iden-
tical to the axisymmetric boundary-layer equations with h2 replacing the local
body radius r, of axisymmetric flow theory. This is not too surprising when
it is recognized that for axisymmetric flow (l/ro)(aro/as) is nothing more than
a measure of the rate at which the inviscid edge streamlines diverge as is
(1/h2)(3h2/as) for the more general case. Thus, when the small crossflow ap-
proximation holds, it is possible to obtain the solution of a three-dimensional
problem by solving an analogous axisymmetric problem.

In order to solve these analogous equations, it is necessary to obtain
the spreading factor h2 from.a solution of the inviscid flow field. The most
appealing way to do this would be to solve the three-dimensional steady Euler
equations exactly.. However, as discussed in the pfevious section, it is pres-
ently not possible to obtain solutions satisfactory for this éurpose. The best
available computer codes for obtaining three-~dimensional flow fields are only
bartially successful in obtéining pressure distributions on Apollo configura-
tions, and it is much more difficult to obtain the local streamline divergence.
In lieu of such a rigorous solution procedure, it was decided to limit detailed
attention to the pitch plane - where the approximate method of Hearne et al23
is applicable.* This approach employs thin-shock-layer and Newtonian-crossflow
pressure~distribution approximations to obtain the pitch-plane streamline diver-
gence. In the vicinity of the stagnation point, this approximation is certain

It is judged that no reliable methods exist for estimating h, for positions
off the pitch plane. Furthermore, the small crossflow approximation becomes
less valid at positions off the pitch plane (crossflow is identically zero in
the pitch plane). Therefore, detailed consideration of positions off the ‘
pitch plane are not practical without three-dimensional inviscid solutions and-
may not be satisfactory without three-dimensional boundary-layer solutions.

11



to be invalid, and a semi-empirical ‘correlation approach is used to obtain the
divergence. .

Briefly, with the thin-shock-layer and small-crossflow approxima-
tions, the Euler equations in orthogonal streamline coordinates are given by* .

- 2 (pv) = 0 (6)

_ﬁ% %E (phzu) + k3%
u %g + v %§f= - % %g- (7
N ®
u%+v%=0 (9

where H is the total enthalpy, p. is the pressure, K is the curvature, and the
other parameters are as defined prev1ously. Assuming that the crossflow presJ
sure is given by ’

29’ .
p__ cos.eB | (10}
Pz=0 (cos?8,) o

where 6. is the angle the local surface normal makes with the free stream veloc-
ltlty vector, and notlng that h2 ~ z near the pitch plane, . where z is the rec-
tangular coordinate measured normal to the pitch plane, leads to a second order
ordinary linear differential equation for the variable h2

d?h

dh P o '
2 _ 1 3p 2 1 _ T 2 =
ds? pus 9s ds + Rc2 [1_ __2, pu? cos eB]hz _»0 . (11)

where R, is the surface radius of curvature and pT.is the total pressure.
Using the empirically determined pitch-plane pressure distribution and stagna-
tion point location and an initial condition to be discussed below, this egua-
tion can be integrated to obtain the variation of h2 with the streamwise
coordinate s. '

; In order to perform this integration it is necessary to know the behavior
of h2 as s + 0 for use as an initial condition. 1In Reference 23 this is done
by obtaining the solution of Equation (11) for small's, yielding

o
See Reference 23 for details.
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h, ~ s iy /‘Y (12)
2 zstag sstag

where sttag and Ysstag are the crosswise and pitch-plane stagnation-point ve=-
locity gradients. With this definition, it can be shown that the streamwise

pressure gradient parameter at the stagnation point B8 is given by

stag
8 = T (13)
stag + 1
Now i = 0 and Bstag = 1.0 for two-dimensional flow and i = 1.0 and B ’ 1/2

' Pstag ~
for axisymmetric flow; hence, Equation (12) is correct in these two limiting

cases. However, for values of 0 < i < 1, Eguation (12) is singular at the stag-
nation point due to the fact that the approximations employed in the development
of Equation (11) break down there and that the small crossflow approximation
itself fails at the stagnation point. Another problem with the direct use of
Equation (12) at the stagnation point is that no standard approximate theories,

including Newtonian, will yield accurate enough results for sttag and Ysstag'

.- In order to obtain the appropriate value of i for use as an initial con-
dition in a given problem and for calculating the value of the stagnation point
Bstag' use can be made of the fact that the coefficients of Equation (11) in-
volving pu?, p, etc. contain implicit information about the velocity gradient
ratio i. Thus a satisfactory value of i can be found by iterative solution of
Equation (11) for the specified edge conditions until a solution hz(s) is foqnd
which is virtually independent of the value of So where the integration is
started. This approach would not be expected to yield accurate results at the
stagnation point but should be valid in the vicinity of the stagnation ﬁoint
and at positions around the body.

2.2.2 Results

Solutions to Equation (11) are shown in Table 1 for the .leeward pitch
plane of a subscale Apollo at 33° angle-of-attack. The solutions are presented
in the form of the spreading factor hz(s) normalized bj the value at station
number 10 (m = 10).* Results are shown for i of q.SOO, 0.400, and 0.345 for

The spreading factor can be normalized in any manner desired since it is the
rate of change of the spreading factor, and not its scale, that is important
in the boundary layer solution. For this same reason, the values of h, (or
normalized h,) obtained from the present subscale Apollo calculations 3re di-
rectly applicable for use in full-scale Apollo boundary-layer calculations for
corresponding values of s/R. Selection of the hy(s) at m = 1Q for the normal-
4zing parameter was made arbitrarily and for convenience in comparing the re-~
sults for different values of i and different initial stations.

i3
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solutions starting at stations m, pf 2 and 4. The value of i = 0.345 is
selected as best since the spreading factors hz(s) are almost identical for
T my of 2 and 4. What this really means is. that h2'~ 50'345 between 0.005 feet
(m = 2) and 0.020 feet (m = 4). The adequacy of this approach is established
in Section 3.1 where predictions of heat-transfer distributions usiﬁg these

results are shown to compare very well with wind-tunnel data.

Solutions were obtained for the windward and leeward sides of subscale
Apollo at angles of attack of 25 and 33°. The values of i obtained by the
‘above brocess”are presented in Figure 3. Curves have .been faired through these
solutions exﬁrapolating‘to the zero angle-of-attack case where i = 1.0 (axisym-
metric flow). It can be seen that the flow in the vicinity of the 'stagnation.
point is more nearly axisymmetric on the leeward side than on the windward side
(i.e., the.i is closer to unity). The resulting values of the.spréadin§ factor
for these four cases are shown as functiéns of distance from the stagnation
point in Figure 4. It should be. noted that: the spreading factor approaches a
constant on the windward side (i.e., planar flow) as the toroid is. approached.

2.3 . SUMMARY OF INVISCID FLOW FIELD STUDIES

A éurvey of existing three-dimensional flow field computer codes was made
and the GASL/Sandia code14 was selected as being the only one suitable for ex-~
-tension to Apollo application. Solutions were obtained for zero angle of attack,
but it was determined that program modifications beyond the scope of the present
effort would be required to obtain satisfactory solutions at large angles of
attack. Iﬁ the absence of a reliable exact inviscid solution, the pressure
factor curves developed by NASA/MSC on the basis of wind tunnel and flight data
were judged to yield the best data for predidting‘heai shield pressure distri-
butions on the Apollo at incidence.

In addition, a method is described by which approximate three-dimensional
boundary~layer solutions can be obtained in the vicinity of the pitch plane us-
ing the BLIMP nonsimilar axisymmetric boundary-layer code through the use of the
axisymmetric analogy. This requires a measure of the local streamline spreading.
An approximate method developed by Hearne et a123 is employed for obtaining this
information in the vicinity of the pitch plane. Briefly, in the vicinity of the
pitch plane, the pressure gradient normal to the pitch plane is assumed given by
Newtonian theory. Then a linear ordinary second order differential equation
with variable coefficients is obtained for the streamline spreading. Boundary-
layer solutions have been obtained, using this procedure, which agree well with
wind~-tunnel convective heating data for Apollo at incidence. These results will
be described in Section 3.1. The relatively minor changes required in the BLIMP
program to permit use of the axisymmetric analogy are summarized in Appendix A.

15
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SECTION 3

CONVECTIVE HEATING STUDIES

There are three basic procedures for representing convective heating
rates to a reentry vehicle.

1. ﬁse_of simple integral or self-similar procedurés or correlations
obtained therefrom

2. Use of correlations of chemically-reacting, nonsimilar boundary-
. .layer solutions ' '

3. Use of a computer code which coupies the chemically-~reacting, non-
similar boundary layer to the chérring ablation response.

The first approach is the one which has been typically used in the‘past. A
coupled procedure (the third approach) has been developed6'24,but is too costly
for iﬁcorporation into a heat-shield design procédure, The second procedure
has the simplicity and economy of the first method, but approaches the accuracy
of the third method. It is this approach which is employed in the pteéent
effort. . " : :

A The calculation of heat- and mass-transfer rates is conveniently divided
into three steps. )

1. Nonablating stagnation-point boundary-layer solutions

2. Nonablating nonsimilar laminar and turbulent boundary-layer solutions.
about the vehicle normalized by the stagnation-point values

3. Ablating stagnation-point and nonsimilar laminar and turbulent
boundary-layer solutions about the vehicle normalized by the local
nonablating values. '

Solutions have been generated with the BLIMP code described in References 9 and
12 and summarized in Appendix A. Unequal diffusion coefficients were considered
in all of these calculations. The BLIMP program was modified to accommodate

the axisymmetric analogy discussed in Section 2.2. The modifications to the
program are also presented in Appenaix A. The nonablation and ablation solu-
tions are presented and correlated in Sections 3.2 and 3.3, respectively. A
summary of the recommended procedure for utilizing these correlations in heat-
shield design studies is presented in Section 3.4. vFirst, however, BLIMP
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solutions for convective heat-transfer rates are compared to wind—tunhel_data
in Section 3.1. .

3.1 WIND~-TUNNEL CORRELATIONS

A series of boundary-layer solutions was generated using the BLIMP pro-
gram for representative wind-tunnel test conditions in order to validate the
ability of BLIMP to predict convective heating rates about Apollo at angle of
attack. The wind-tunnel tests and solutions were performed for a 0.045 scale
model of Apollo (see Figure 1l). Solutions were generated for zero incidence
and for 25° and 33° angles of attack. The solutions are based on wind-tunnel
pressure distributions; the remaining boundary-léyer edge properties were ob-
tained by an isentropic expansion. A curve fit of pressure data (to bbtain the
pressure gradient parameter 8) and the isentropic expansion calculation are
performed as a part of the BLIMP calculation.

3.1.1 Results for Zero Incidence

The case of zero incidence provides a good base to verify the ability
of the BLIMP code to predict convective heating about Apollo-like configura-
tions. In this case, the flow is axisymmetric and the dependence of the radial
coordinate r with distance, s, from the stagnation point is known precisely.
However, this is not to say that one can expect perfect agreement. In the first
place, there is a rather significant scatter in pressure distribution data as
shown in Figure 2. The heat transfer depends not only on the pressure level,
but also on the derivative of pressuie through the pressure gradient parameter,
8. The situation is particulafly acute in the toroidal region where curvature
is high and expansion is rapid. Secondly, one cannot expect good agreement be-
tween theory and experiment in the vicinity of and beyond the point of maximum
radius due to separation (S/R = 1.08, S = 0.312 feet for 0.045 scale - see Fig-
ure 1). '

The wind-tunnel test chosen for correlation was conducted in the JPL
2l-inch HWT at nominal Mach 9 and high Reynolds number and was -reported in Ref-
erence 25. The stations considered and the corresponding values of pressure‘
ratio and spreading factor ({(for this problem, the local body radius) are pre-
sented in Table 2. The resulting values of 8 and heat-transfer rates calculated
by BLIMP are also presented in Table 2. It can be seen that the values of B in
‘the vicinity of § = 0.30 feet are somewhat irregular. This is due to a combina-
tion of inaccuracies in pressure itself and in the curve-fitting process. The
predicted and experimehtal heat-transfer rates are compared in Figure 5. Pre-
dictions reported in Reference 25 based on Lees analyses are also presented in
Figure 5. Considering the experimental scatter of the-préssure and heat-
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Figure 5. Comparison of BLIMP Convective Heating -’
Predictions with Wind Tunnel Test Results
for Apollo at Zero Incidence
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transfer data, the agreement between the BLIMP solution and experimeht is con-
sidered satisfactory. :

3.1.2 Results for Angle of Attack

Boundary-layer solutions were also generated with the BLIMP program for
the pitch~plane ray of Apollo at angles of attack of 25°and 33° for comparison
with AEDC wind-tunnel convective heating data?3126, Solutions were generated
for assumed planar flow, for assumed axisymmetric flow and for approximate ﬁhree-
dimensional flow using the axisymmetric analogy discussed in Section 2.2. The
streamwise stations that were employed in the calculations together with pres-
sure distributions and spreading factors are presenﬁed in Tables 3 and 4 for the
25 and 33° cases, respectively. The spreading factors are unity for planar flow
(i.e., no spreading), are taken as the distance to the surface from a line in-
tersecting the flight stagnation point and normal to the surface at the flight
stagnation point for axisymmetric flow, and are taken directly from the results
presented in Section 2.2.2 for three-dimensional flow.* '

The pressure gradient parameter B for the windward side 25° angle of
attack case is shown in Table 5. The values of 8 are seen to scale roughly
with the stagnation point values, namely Bstag,#luooo for plahér flow, 0.500 for
axisymmetric flow and 0.714 for 3-D flow (see Eq. (13)). The smoothness of the
B(s) curve is typical of that obtained for all four cases, the irregqularities
again being the result of -inaccuracies in the pressure derivative obtained by
curve fitting experimental pressure data;

The predicted and experimental'convective heating.rates are compared in
Figures 6 and 7 for the 25° and 33° angle-of-attack cases, respectively. The
boundary~layer solutions were initiated at the stagnation point, of course, and
proceeded in the leeward and windward directions independently. It can be seen
that the stagnation-point solutions obtained from the windward and leeward solu-
tions do not agree. Furthermore, there is erratic behavior in the near vicinity
of the stagnation point. This would be expected for anything short of a full
three-dimensional theory since the axisymmetric analogy breaks down there. A
smooth curve connecting the windward and leeward solutions has been drawn through
the stagnation region for the axisymmetric analogy case.

The axisymmetric theory overpredicts and the two-dimensional theory under-
predicts the local heating rates.** The deviation between the two solutions is
typically 35 percent over the "aft heat shield" and in the vicinity of the toroid,

As mentioned previously, the Loundary-layer solution is independent of the
scale of the spreading factor. ‘

**This was also observed in References 25 and 26.
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PRESSURE DISTRIBUTION ANP SPREADING FACTORS

TABLE 3

ABOUT APOLLO AT 25° INCIDENCE

(a) Windward Side

S* P/PT Spreading Factors
feet 2 Axisymmetric 3-D Analogy Planar
« 000 1.0000 "e0000 « 0000 1.0000
« 005 e 9997 « 0050 e1201 1.0000
«010 09987 «0100 « 1587 1.0000
«0158 «9970 . <0150 « 1866 10000
+ 020 09944 20200 <2087 10000
« 025 « 9905 e 0249 «2271 1.0000
«030 « 9850 « 0297 e 2426 10000
«035 «2770 « 0347 02558 10000
« 040 «9680 «0396 e 2674 10000
« 045 «9580 ¢ 0445 02776 10000
« 050 Y9410 ¢ 0495 02867 1.0000
¢ (055 a9160 e 0544 02946 10000
<060 e 8820 « 0593 «3013 1.0000
« 065 8260 2 00640 «3070 1.0000
« 070 e 7560 « 0687 3121 1.0000
« 075 <608y «0730 «3168 10000
« 080 «5840 e Q770 «3209 10000
«08S e 4840 « 0806 «3247 10000
« 090 «3740 e (0838 3281 -10000
« 095 e2910 «QB64 «3312 10000
<100 «1280 o QU84 «3339 10000
«105 « 0850 e 0896 93364 1.0000
«110 T «0640 « 0898 <3388 10000
«115 e 0490 e 0898 03413 10000
«120 «0410 « 0898 03438 1.0000-
«125 20360 « 0898 ¢ 3465 10000
«130 « 0330 